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SUMMARY 


Pressure distributions over a prolate spheroid of fineness ratio 6 
and about a combination of this body with an NACA 65~010 wing section 
hare been obtained at Mach numbers of 0.4 through 0.99 snd at 1.2 In 
the Langley 8~foot hlg^-speed tunnel. For these tests the ratio of 
model cross section to tunnel cross section was Tery small. 

The transition from a subs'onlc to a supersonic flow pattern occurred 
In a continuous manner within the Mach number range between the critical 
Mach number and a Mach number subtly below unity. The pressure dis- 
tributions change In this region In such a manner as to Indicate a 
greatly increasing drag. The application of an extension of the Prandbl- 
Glauert method for subcrltloal axially symmetric flow was found to approxi- 
mate the compressibility effect, particularly near the midsection of the 
body; extrapolation Into the supercritical region showed lnc 2 reasing 
departure from the experiment. The tunnel-wall interference was found 
to be negligible even at the choking Mach number. 


INTRODUCTION 


Because the ratios of model cross section to tunnel cross section 
usually existing in hi^-speed-tunnel testing are such that the tunnel 
*‘is choked at some stream Mach munber below 0«95^ there are very little 
wind-tunnel data arailable concerning the aerodynamic characteristics 
of flow between stream Mach nurfbers of 0 .95 and 1 .20 . In conjimction 
with another project, tests were made In the Langley 8-foot hl^-speed 
tunnel on a small model between Mach numbers of 0.4 and 0.99 and at 1.2. 
The results of these tests are. analyzed In this paper to show the 
general nature of the flow in this Mach, number range . The tests con- 
sisted of pressure measurements over a prolate spheroid and about a 
model consisting of the same body plus a wing. The experimental sub- 
critical results of the flow ov ey the-urolate spheroid are ccopared 
with theoretically calculated results. 
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MODEL 


A skstcli of the model used in the tests is ^own in figure 1. The 
tody of the model was a prolate spheroid with a fineness ratio of 6. 

The wing was an NACA 65-010 airfoil section with a total span of 6 inches 
and an aspect ratio of ’ it vaa placed in the midwing position with its 
chord direction coinciding with the ajcLs of the prolate spheroid. 

Pressure orifices were located over the top of the "body with several 
check orifices located diametrically opposite on the hottom. The wing 
pressure' orifices were located on the top of the wing. The' ohordwise 
orifices were halfway hetween the root and tip of the wing, and those 
in the spanwise direction were distrihuted along the 50 -percent -chord 
line. Two pressure orifices were located on the ’bottom, of the wing. 

The model was supported in the tunnel with a - inch-diameter sting 

which was connected to the "body as shown in figure 1. The angle-of- 
attack coupling wan located in the sting 10 Inches away from, the model. 

Tests The tests were, made in the Langley 8-foot hi^-speed tunnel 
eqxiipped with a 1.2 Mach nuniber supersonic nozzle. The suhsonic tests 
were made in the throat of the supersonic nozzle . The supersonic tests 
were made in the best portion of the supersonic nozzle . In either case , 
the variations in Mach number over the test region en^loyed were not 
over ± 0 . 005 . 

The subsonic stream Mach number Was detemlned from empty-tunnel 
calibrations . Three separate calibration oiiflces , located in the tunnel 
wall 16 , 28 , and kh Inches upstream of the model, were used. The varia- 
tion in the stream Mach numbers indicated by the orifices was 0 .002 . 

The model was tested at 0° angle of attack both with and without the 
wing and at 10 ° angle of attack with the wing. 


RIBDLTS 


The Mach number and pressure-coefficient distributions were calculated 
from the pressure data taken over the model and are presented as f\anctlons 
of body length, span length, and chord length in figures 2 to 15 . These 
figures show the development of flow from subsonic throu^ the super- 
critical range up to a Mach number of 0.99 and at a Mach number of 1.2. 

The Mach numbers were calculated from the total-head values with no cor- 
rection for shook losses^ however, at a stream Mach number Ms = 1*2 the 
losses even for a noimal shock were small so that the errors were negligible 
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The ’ReyaolAB number per foot of the flcfvr over the model varied 
hetween 2 ^^ 0,000 at Mg - 0 and 3 ^ 960,000 at Mg = 0*99 and vrajs 

3, 620, OCX) at Mg 1.2. 

Wall and sting Interference .- Since the ratio of model cross section 
to tunnel cross section is only 0.00032, the vail Interference may be 
expected to be very small. The theoretical vall-lnterference corrections, 
given by extrapolating to supercritical Mach numbers the results of 
references 1 and 2, indicate that the Mach number correction factor for 
an indicated stream Mach number of 0 .96 Is 1 .0032 for the body and vlng 
at 0^ -angle of attack. The corrections for pressure coefficient, 

Reynolds number, and drag are correspondingly small. 

The e 3 perimental Mach number distributions at the vail (fig* 16 ) 
shov only a negliglblo effect of the model, less in fact than the day- 
to-day variation in the calibration. Since according to reference 2 
the interference velocities (to vhich the induced Mach numbers are 
proportional) are only O.il- 5 ^ times the induced velocities at the wall, 
it therefore follows that the interference velocities (or Mach numbers) 
must also be negligible . It may be noted from, figure 16 that the dif- 
ference between the wall Mach numbers with and without the model present 
increases considerably in -the re^on downstream from the model. This 
effect is to be expected because of the large increase in cross section 
of the sting support in this region. 

The experimentally obtained choking Mach number of O .99 exceeded the 
theoretical value of 0 . 98 . The excess laay possibly be due- to boundary- 
layer thinning as discussed in reference 3 * 

Another type of interference may be seen by examining the subcrltlcal 
pressure distributions of figure 3 • Althou^ the body is symmetricai 
about its center, the pressures are more positive over the rear of the 
body than over the forward part. This is obviously an effect caused by 
the sting, since viscosity and tunnel-wall-interference effects tend to 
prevent pressure recovery- This sting- interference effect exists as far 
forward as the iiO- to 50-percent station on the body. Except for a 
possible reaction througji the boundary layer, no such interference is 
to be expected with supersonic speeds . 


ACTALISIS 


Nature of flow over a model in transonic region .- A number of tests 
on bo^es of revolution by the wing-flow method (reference 4) have shown 
an asymmetrical pressure distribution for stream Mach numbers near unity 
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in which the peaJc negative pressure ooefficienbs shifted rearward once the 
critical velocity was attained. An examination of figures 3> 5# and 11 
shows that this phenomsqpn also occurs in the present wind-tunnel tests . 
Figures 5 and 11 show thou^ that the presence of the wing restricts the 
rearward movement of the negative pressure peai. The chordwlse press\ire 
distrihutions over the center of -the wing (figs. 7 and 13 ) also show the 
same rearward movement of the pressure peai as the critical Mach number 
is attained. This shift of pressure coefficients which occurs on all the 
con 5 )onent parts of the model after the critical velocity has been reached 
Indicates that a very marked increase in drag may be expected at Mach 
numbers Just below unity. This shift is to be expected because of the 
velocity increases due to the local supersonic -flow expansion which occurs 
over the rear of the body. 

Developmant of- supers onio flow from subsonic flow .- Examination of 
the Mach numbers o^er a prolate spheroid , figure 2 j shows no marked change 
in the shape of the Mach number distribution curve until local supersonic 
flow is attained on the body. Then, as previously discussed, the peak 
Mach numbers continuously move rearward. The shape of the distribution 
near the nose also changes. However, as in the case of the rearward 
movement of the peak Mach number, this change is ^so gradu^. Thus, 
these results indicate that the supersonic-flow pattern develops con- 
tinuously from the subsonic patteim as the stream Mach number progresses 
throu^ the supei\53Tltical region. 

Adding a wing to the body (figs. 4 and 10) does not materially 
change the continuity of the development of transonic flow from the sub- 
sonic condition. The changes in local Mach number over the body when 
the wing is installed increase more rapidly with increasing Mach number 
than do those changes with the body alone, indicating that compressi- 
bility effects at hi^ subsonic Mach numbers are relieved by threo- 
dlmenslonal flow . 

Similar trends in. continuity and rearward movement of Mach number- 
peaks may also be noted in the chordwlse distributions over the center 
of the wing at both 0° and 10° angle of attack (figs. 6 and 12). At 0° 
angle of attack, the curves are quite regular and have the same shape 
so long as the flow is subcritlcal. After a local supersonic flow heis 
been attained on the wing, the Mach number peak moves rearward, thereby 
developing the supersonic -flow pattern at Mg = O. 98 . The shape of tho 
distribution is not“ materially changed when the stream Mach number is 
increased from 0 .98 to 1 .2 . The distributions for 10° angle of attack 
(fig. 12 ) present more complicated changes after the flow becomes 
critical. The step-like cheuage which occurs between Me = O .766 and 
Ms = 0,938 may be due to an oblique shock followed by separation. 

Above Me = O .938 the distribution flattens out, indicating that the 
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flow separates at the hipest point on the wing. This condition eirists 
up to a stream Mach mmiber of 0 .99 • change of the shape of the dls- 

trihution when the stream Mach mmiber increases to 1.2 Indicates that the 
flow ■becomes reattached to the airfoil. It thus appears that the super- 
sonic flow tends to reduce separation. 

The changes in the sh^e of the chordwlse pressure distrihutions 
over the top of the airfoil indicate lmpoi*tant shifts in the location 
of the center of pressure of the airfoil. The suhcritlcal curves are 
essentially similar in shape so that there will "be very Httle shift in 
the center of pressure until critical velocities appear on the airfoil. 
Once the critical velocity has' 'been attained, the center of pressure 
starts moving rearward with Increasing Mach numher and attains its 
approximate final position at Mg = 0.97 "fco I. 06 . 

The spanwlse Mach number and pressure distrihutions (figs. 8, 9# 1^^ 
and 15 ) are difficult to interpret because of the lack of pressure dataj 
that is, it is not known whether the changes are due to general Increases 
in the chordwlse distributions or to chants in the locations of the peak 
values.. However, at 0® angle of attack, the suhcritlcal Mach numbers 
and pressure coefficients are relatively constant along the_ center of 
the wing. Then, as superciitical flow develops, a step-like increase 
in Mach numbers and negative pressure coefflcleeats starts at the wing 
root and with increasing Mach number moves out to the tip of the wing. 

The curves then level off for stream Mach numbers near 1 and at 1 .2 . 

This step-like increase Indicates that a supersonic region first forms 
near the body and then moves out toward the tip of the wing with in- 
creasing stream Mach number. The curves at 10® angle of attack are 
extremely conplicated by separation phenoaaiena. It is to be noted 
thougjh that the Mg = 1.2 curves have the same shape as those at 
Mg = 0 . 99 * If the spanwlse pressure coefficients (fig- l5) are an 
indication of the lift distribution over the airfoil, the lift at sub- 
sonic speeds is definitely Inboardj at supercritical speeds it moves 
outboard, and then becomes more or less evenly distributed at low 
supersonic speeds . 

These tests indicate that the transition from, a subsoalo- to a 
supersonic -flow pattern starts shortly after the flow over the body 
becomes critical, and that the transition is complete, except over the 
rearmost part of the body, by the time the stream Mach number becomes 
0.97 01 * thereabouts. A possible explanation for the fact that the 
supersonic-flow pattern develops at subsonic stream Mach numbers is 
that because of the induced velocities due to the laodel the velocity 
field about the model at a stream Mach number of 0.97 or O .98 is 
already largely supersonic so that the model appears to be in a super- 
sonic field ; hence , it may be expected that the flow over the body win 
exhibit supersonic characteristics at stream Mach nuziibers ^ust below 1 . 
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Ocggparlaon of esiperlmen-tal and theoretlceil flow at su’bsarilo atream 
Mach irumbera .- The theoretical valuea of the preaaure ooefflolenta OTer 
a prolate apherold of fineneaa ratio 6 were calculated. Can^reaai'billty 
effecta were included loj uaing the modification of the Prandtl-G-lauert 
•method auggeated in reference 5 • calculated waluea are compared 

with the eaperlmental raluea in figure 17 . These curvea ahow that , for 
auhcritical flow, the con^reaeihility correctiona given in reference 5 
reault in fair agreement rearward of the 5~P©rcent atation . When the 
flow 1)600(13108 critical thought, the errora tend to hecome greater fairther 
hack on the hody, hut are atill reaac(nahly smal.1 near the midaection of 
■fche hody. Once the auperaonio-flow pattern developa, that ia at stream 
Mach numhera of 0.97 ©Jui hi^er, the method hecomes inapplicable. 

These results indicate that the Prandtl-Glauert method may he 
applied to suhsonic flow with a fair degree of approximation, and that 
it may he extrapolated ali^tly into the aupeixjritical iregion, wi-bh the 
eagpectation that the resultant eiror will he greater the more the 
critical stream Mach niunher is exceeded. 


CONCLTBIONS 


For the wing-fuselage hody investigated, the following conclusions 
were made; 

1. The asymmetrical supersonic -flow pattern develops continuously 
from the suhaonic-flow pattern. The development atarts at a atream Mach 
nuniber sli^tly above critical and is congilete except at the reamost 
part of the hody at a stream Mach number of 0 .96 or 0 .97 • 

2 . The drag locrease , which has been observed at Mach numbers 
between 0.93 and 1.00, is due to an increase in the pressure drag 
caused by the rearward movement of the negative pressure pSsiks which 
is the result of the developooient of the supersonic -flow pattern before 
a stream Mach number of 1 is attained. 

3* As the ratio of model-to-tunnel cross section is decreased, the 
mftTHTmiin stream Mach number at which the results are not inveilidated by 
wall interference hecomsa very nearly equal to the choking Mach number. 

4. The extension of the Prandtl-Glauert method to axially synmetric 
flow may he applied to suhsonic flow with a fair degree of approximation. 
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and exbrapolated subtly into the BTjpercritical region, with -Uie ex- 
pectation that the resultant error will he greater the more the critical 
Mach number is exceeded. 


Langley Aercaiautlcal Laboratory 

National AdTlsory Committee for Aeronautics 
Langley Field, Ta. 
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Upper surface 

Lower surface 



Percent body length from nose 


Figure 2 . — Mach number distribution about a prolate 
spheroid of Fneness ratio 6 for various stream Mach 
numbers, cl^ Q° . {The plain symbols refer to the 
upper surface and the flagged symbols refer to 
the lower surface^ 
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Figure 3 . Pressure disfribuf/on about a prolate spheroid with 
fineness ratio 6 ttr various stream Mach numbers. ol = 0°. 
(The plain symbols refer to the upper surface and the 
flagged symbols refer to the lower surface 



Local Mach number^ 


MA.CA EM Wo. ISHO6 


Upper surface 
Lower surface 



.ZOO 



0 ZO ^ 60 60 !C 

Percent body length from nose 

Figure — Moch number distribution about fiiseiagi 
Oompiete mode! 5 00 ~ 0°. (ihe plain symbols refer 
to the upper surface and the flogged symbols 
refer to the lower surface D 
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Percent body length from nose Percent body length from nose 

Figure 5. — Pressure distribution about fuselage. 

Complete model} cl = 0° {The plain symbols refer to 
the upper surface and the flagged symbols refer to 
the lower surface.) 
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Percent chord length from leading edge Percent chord length from leading edge 

Figure 7. — Chordwise pressure distribution over wing . 
Complete model; cl=0“. 
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Figure 6 . — Spanwise Ma 
about wing. Complete mode, 
refer to the upper surface 
refer to the lower surface. 
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Figure Q. — S panwise pressure distribution about wing . 
Complete model i oc^O°. (The plain symbols refer to the 
upper surface and the flagged symbols refer to the lower 
surface^ 
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Fi'gure fO. Mach number disfnbufion about fuselage. 

Oompfete model', au- 10^. (^he plain symbols refer to 
the upper surface and the flagged symbols refer to 
the lower surface .} 



Percent body bngth from nose 


^rcent body )engtb from nose 


Figure / /. — Pressure distribution about fuselage. Complete 
model i cx.=/0°. (The plain symbols refer 7b the upper 
surface and the flagged symbols refer to the lower surfxie^ 
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F/gure 12.. Chordwise Mach number distribution 

over wing . Complete model •, cc 10^. 
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Figure !3 . — Chordwise pressure distribution over wing- 

Complete model ? cl = !0°. 
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rfgure 1-^. Sponwfse Mach number disfribufi on about 

wing. Complete model % oc = fO°. (The plain symbols refer 
to the upper surface and the flagged symbols refer 
to the lower surface^ 
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Percerf spm length from wing roof Percent span ten^ from wing roof 


Figure 15. Sponwise pressure distribution about wing, 
Comp/ete models cu=- !0°, {The plain symbols refer 
to the upper surface and the flagged symbols refer 
to the lower surfaced) 
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Inches from effective ihroof of funnel 


(c) Complete model-, ou= !0°. 

**■ UNCLASSIFIED 

Figurs IS, Comparison of local Mach numh^rs of 

wqH With iunne/ empty and with model in position . {jThe 
negative scale indicates locations upstreom and the positive 
scale indicates locations downstream of effective throat of 
tunnel^ 









Percent body length from nose 


Figure 17. Comparison of expert mental and theoretical 

pressure distribution over a prolate spheroid with 
fineness ratio 6 tor various stream Mach numbers, ou- O’". 
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